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SUMMARY

The variation of wing shock location with Reynclds number has been
examined for configurations for which both flight and wing tunnel wing
pressure distribution data were avallable. The burpose of the study wasg
to determine if there is & minimunm level of Reynelds number, short of
full scale, at which reliasble flow simulstion can be achieved in transonic
test facilities.

The shock locations as a function of Reynolds number at conditions

of congtant Mach number and angle of attack were normalized s0 that shock

conflgurstion ang condition studied, Normalizing the shock location
permitted the Compariscn of dasta for different configurations ang conditions
on & common basis, An impiicit thought in the approach used was that while
no one set of dasta may be considered definitive, if enough data were studied
then some consistent patiern might emerge.

Not encugh date has been analyzed thus far to obtain conclusive results.
However, preliminary indications are that & substantial increase in
Reynolds number capabilﬁty msy be required inp future transonic test
facilities if teat procedures cannot be developed for adequate flow simulation

within exlisting facility capasbilitieg,
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NOTATTION

*A

*B

pressure coefficient
wing chord, meters
constant

Msch number

egpongnt

Reynolds number based on wing chord

gtreamwise distance measured from wing leading edge,
meters

most forward location which shock apparently approaches
asymptotically et low Reynolds numbers, meters

most rearward lccation which shock spparently approszches
asymptotically at high Reynolds numbers, meters

shock location, meters

normalized shock locaticn, x =

angle of attack, degrees




L. INTRODUCTION

One of the requirements for valid aerodynamic testing at transonic
speeds is that the test Reynolds number be sufficiently high so0 as to
permit adequate duplication of shock-boundary layer interaction ana
separated flow effects. Intensive efforts are curreatly underwey i
several aserodynamic research centers to develap mathods of correctly
similating full scsle transonic flow effects within the Reynolds number
capability of current resesrch facilities. General methods are not yet

known for correct flow simulation which can be applied on a routine

special techniques in specific instances (see, for example, reference i).
If these efforts do not result in test brocedures in which a high level
of confidence can uniformly be placed, then it sppears likely that testing
at substantially'higher Reynolds numbers will be necesssry. The purpose
of this investigation was to determine if thepe is 2 minimum level of
Reynolds aumber, short of full scale, at which relisble flow similation
¢an be achieved in the absence of special techniques. This information is
of interest in evaluating current research facility capabilities and in
defining the size, bressurization, and POWEr requirements for future test
facilities,

A number of familiar gerodynemic problems assoclated with separateg
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filows are known to be affected by testing at reduced or model scale
Reynolds numbers with fully turbulent boundary layers at transonic gpeeds.
The following affected problem sreas may be considered typical: {a)
forward location of shock on an airfoil chord, (b) creeping drag rise and/
or decrease in drag rise Mach number, (c) decrease in 1ift coefficient

for pitching moment linearity bresk (pitch-up), {d) decrease in 1ift
coefficient for buffet onset. These adverse effects of testing at

reduced Reynolds number occur or are asccentuated primarily because the

is decreased from full scale to model scale. This lack of scaling was
pointed out by Loving in reference 2 where a large discrepancy in shock
lecation between wind tunnel and flight test resulits was stitributed to a
relatively thicker boundary layer at model scale Reynolds number,

In attempting to determine the minimum level of Reynolds number
for valid transonic testing, the wvariation of wing shock location with
Reynolds number has been selected for study. This selection wss made
because shock locstion was considered to be & major contributing factor
to the aerodynanmic behgfior observed in the other three problem areas noted
above. In addition, the shock location data were considered to be the
best defined and most relisbly determined measurements available for study

from existing dats scurces.
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5, METHOD OF ANALYSIS

2,1 Assumpltions

The following assumptions are inherent either explicity or implicity

in the approsach uged in the

shock location study. (1) While no one set

of data was considered definitive, it was assumed thet if enough data

were studied then some conai

stent pattern might begin to emerge. (2)

The shock locatlion was agsumed to be & primary indlcator of the sensitivity

of the shock-boundary layer
terminel shock position was
large Reynolds number. (&)

number were assumed to be th

interaction to Reynolds number. (3) A
assumed to exist in the 1imit of increasingly
Mach number, angle of attack and Reynolds

5
e prima;y'variable/affecting shock position.

The lest assumptilon 1g in effect a conseguence of ignoring differences

between wind tunnel and flight test conditions. These differences can be

caused by but are not limite
support interference, girstr
roughness, and propulsion s8i
2,2 Procedure

The shock locations wer

4 to the effects of wall constraint and model
eam turbulence, model dynamics, surface

milation or the lack of it.

e determined from pressure distributions on the

upper surface of wings or airfoll cections. The shocks were assumed to be
>

iocated in the positive pres

the pressure distrivutions &

gure gradient smmediztely behind the crests in

« shown in the upper sketch of figure 1.

Shock locstions were determined in this way at fiyed conditions of Mach number and

angle of attack over &s larg

e n range of Reynolds number ag possible using




both flight and wind tunnel data sources. The wind tunnel data were for
the condition of boundary layer transition artificially fixed neer the
leading edge. Natursl transition 1s assumed to have ccecurred near the leading
edge in the flight tesats.

The variation of sheck location with Reynolds number tended to appear
as shown in the lower sketch of figure 1. The asymptotic behavior of the
shock lecation with increaging Reynolds number (xs approachés Xp for
R on the order of 108) might be expected since the inertisl forces
increasingly predominate over viscous forces and the flow tends to
epproach the inviseid limit. The sketches in the addendum to reference 3
indicate & similar behavior of shock location as the Reynolds number
grows very large. Theoretical inviscid flow solutions should be valid
as this limiting condition is approached. The asymptotic behavior of
the shock locaticn with decressing Reynolds number (XS approaches Xy for
R on the order of 106) is less predictable but is nevertheless well
documented by the avallable dsta. It should be noted that this behevior
has only been observed in the Reynolds number range from 106 to 108
for fully turbulent boundary layers.

For each set of data, that is, shock locations as a function of Reynolds
number at a constant Mach number and sngle of attack for a given configurastion,

the shock locations were normalized sc that the shoeck location from the most

ferward to the most rearward positions was obtained in relative terms from zero to
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one for any given set of data. The normalized shock location was obtained
from the following relation:

' sk
S *B - X
where Xp and x, are the upper and lower asymptotes respectively.
Normalizing the shock location is advantsgeous in that it allows
sets of data from different sources to be compared on a common basis.
It has the dlsadvantage that it reguires extensive Reynolds number
coverage for any given set of data in order *o establish the upper and
lower asymptotes.
5. RESULTS
In the study thus far, wing shock location data from wo configurations
have been snalyzed; the C-141 shown in figure 2 and the F-80 shown in
figure 3a. The wind tunnel data for the F-80 wing section were obtained
from a_two“dimensionai model shown in figure 3b. The wind tunnel tests
on this model were conducted in the HABA Langley 8-foot transonic pressure
tunnel by A. A. ILuoms. The data are as yet unpublished but are similar to
the data presented by Blackwell in reference 1. The F-80 airplane [lignht
data were cbtained from reference 4. The C-14] glrplane flight data were
obtained from reference 5 and the corresponding wind tunnel dsts were

obtained from reference 6. .

X3

The normalized shock locations were pleotted in the form log —
1 - %3

versus log R as shown in figure L. Most of the data is seen to fall
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within the shaded band, A linesr variation of the data on figure b
would Imply & normalized shock location as & function of Reynolds

number in the form

R? + KP

With the data replotted as x.

g Vversus log R as shown in figure 5,

the straight shaded band of figure b4 is seen to change into the

S-shaped band shown on this figure.

When the shock locations are normalized, these uncertainties tend to

become magnified and thus account for much of the scatter evident in %he
data of figure 5. In addition{ some care must be exercised in combining
data from wind tunnel and flight sources in order to insure that comparable
conditions are obtained. The angle of attack in filight and the differences
in aercelastic deflection between the wind tunnel and flight test vehicles
are especially important factors in this regard and are sometimes difficult
to determine accuratel§c An incresse in the amount of dsta anelyzed should
increase the relisbility of the trends which these data tend to exhibit,

On the basis of the limited amcunt of data analyzed thus far, a
preliminary indication is that the Reynolds number range which would cause
the shock to be located within 90 percent of its rearmost or terminal
position is of the order of thirty to forty millicon. However no firm

conclusions can be drawn at this time.



k. CONCLUDING REMARKS

Im the foregoing analysis, the location ¢f a shock on the upper
surface of an airfoil is taken as an index of the severity of the
effects of shock-induced separation as influenced by Reynolds number
variation. No attempt has been made here to differentiate between
fléws that are designated as model A and model B flows in
referemce 3. Model B flows are described in reference % as @hose
where Zrailing edge separation plays & significant role in the shock-
boundary layer interaction and its attendant flow separation. Model A

filows =re those where trailing.edge separation either is not present

0r does= not significantly affect shoek induced separation.
T:e results obtained thus far are not conclusive but tend to indicate
that a substantisl increase in Reynolds number capability may be reguired in

future transcnic test facilities if alternative methods of correct flow

simulazion ecannot be successfully developed.
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Two-dimensionsl wind tunnel model of F-80 sirplene wing section.
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